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NATTONAL ADVISORY COMMITTEE FOR AERONAUTICS
RESEARCH MEMORANDUM

FLIGHT MEASUREMENTS OF THE PRESSURE DISTRIBUTION ON THE
WING OF THE X-1 AIRPLANE (1O-PERCENT-THICK WING) OVER A
CHORDWISE STATION NEAR THE MIDSPAN, IN LEVEL FLIGHT
AT MACH NUMBERS FROM 0.79 TO 1.00 AND IN A
PULL-UP AT A MACH NUMBER OF 0.96

By H. Arthur Carner and Ronald J. Knepp
SUMMARY

Measurements of the chordwise pressure distribution over the
10-percent-thick wing of the X-1 research airplane have been made at a
section near the midspan of the left wing. Data presented are for a
Mach number range from 0.79 to 1.00 at a section normal-force coefficient
of gbout 0.32 and for section normal-force coefficients up to 1.00 at &
Mach number of spproximately 0.96. The results show that the section
center of load moves aft from about 32 percent chord at Mach number 0.79
to 40 percent chord at Mach number 0.8L4, and then forward to 18 percent
chord at Mach number 0.89. The section center of load moves aft to
45 percent chord at Mach number 0.95 and then remains approximately con-
stant at Mach numbers up to 1.00.

At a section normal-force coefficient of 0.32 a shock exists on the
upper surface at the lowest test Mach number of 0.7T9 and supersonic flow
exists over approximately 50 percent of the chord on the upper surface.
The first indication of a shock on the lower surface occurs at a Mach
number of sbout 0.84. At Mach numbers sbove 0.95 the shocks on both
surfaces occur near the trailing edge and the pressure distribution over
both surfaces is quite similar.

An increase 1n the normal-force coefficient at a Mach number of

approximately 0.96 causes a slight increase in the section stability at
the higher normsl-force coefficients.
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INTRODUCTION

During the course of tests to determine the spanwise and chordwise
loading of the 10-percent-thick wing of the X-1 airplane, various stations
are being instrumented to measure the pressures over the upper and lower
surfaces individually. The data presented herein represent the results
of individusel surface measurements over a chordwise station at 64.4 percent
of the semispan.

SYMBOLS
M free-ptream Mach number
n normal-load factor
W airplane welght, pounds
5 wing area,'square Teet
C'NA airplane normal-force coefficient (nW/gS)
b wing span, feet
c local wing chord parallel to plane ‘of symmetry, feet
x chordwise location from leading edge, feet
¥ spanwise location from airplane center line, feet
q free-stream dynamic pressure, pounds per square foot
P, free-gtream static pressure, pounds per square foot
D local static pressure, pourids per sqguare foot
P pressure coefficlent (?Liila{)
Pcr pressure coefficlent for sonic velocity
PU pressure coefficlent on upper surfece o
PL pressure coefficlient on lower surface
Pr regultant pressure coefficient CBL - PU)
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1
c, section normal-force coefficient <gf Pp d g)
_ 0 ¢
= - p-o - p.d
®me /), _gl PR(C 0.25)d x
Baq, left aileron angle, (down deflection positive)}, degrees

DESCRTIPTION OF AIRPLANE AND TEST SECTION

The X-1 research alrplane used 1In these tests 1s shown in figure 1.
A three-view drawlng of the airplane showing the general over-zll dimen-
sions is given as figure 2.

The airplane has a 10-percent-thick wing and incorporates a modified
65-110 airfoil section. 'At the test section the trailing-edge cusp was
replaced by a straight taper from the 85-percent-chord point to the
trailing edge (reference 2). The profile and ordinates of the modified
section are presented in table I. The wing test sectlon was located at
approximately the midspan of the exposed left wing penel and included the
inboard end of the sileron (fig. 3). The area sbout the test section was
relatively smooth during the tests but no refined filling or smoothing
was attempted.

INSTRUMENTATION

Standard NACA recording instruments were used to obtain airspeed,
pressure altitude, normal acceleration, and control positions. Wing-
surface pressures were measured by an NACA recording multiple-pressure
maenometer. All records were synchronized by a common timer.

Free-gstream static and dynsmic pressures were recorded from an NACA
high-speed pitot-static head located at the left wing tip. The static
vents were located approximstely 0.96 of the local chord ahead of the
wing. o

Wing~surface pressures were measured from flush-type orifices
installed in the wing skin. The orifices were connected to the instru-

ment compartment by éu-inch ingide-diameter aluminum tubing. *Rubber
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tubing of 116' inch inside diameter was used between the aluminum tubing

and the menometer cells. The average length of aluminum tubing was
approximately 8 feet. 'About three feet of rubber tUbing wae used on
each line.

Normal acceleration was measured near the center of gravity of the
alrplane. . . . . .

ACCURACY

The accuracy of. the test results is estimated to be within the
followling limits: : : ’ :

Mach number . ¢« ¢« & 4 ¢ ¢« ¢ o ¢ ¢ ¢ o o o & « o o a o o o o« a o & +0.01
P o o o o o o o o o s o o o s s 6 4 s e 4 e s e 2 ow = . & s« s . F.02q
Cp o+ = o o o & o « & & 5 e s 4 @ s 4 & e 4 4 e e 4 e 4 e e e e i0.0Z
T A
Cmc/h +0.00

METHODS

The pressure cells of the multiple manometer were vented to the
fuselage instrument compartment; thus, pressures on the wing surface
were meazsured relative to the existing compartment statlic pressure.
Static pressure at the pitot-static head was also measured relatlive to
compartment pressure. The measured static pressure at the boom was
corrected to free-stream static pressure by the use of the radar tracking
method of reference 1. Ground tests were made to determine any effects
of lag that might be present In measuring the wing-surface pressures.
These tests show that the effects of lag were negligible and have been
neglected in these data.

TESTS

The data presented herein were obtalned during a three-rocket flight
at 40,000 feet altitude. A pull-up was made at the end of the level run
by using both the elevator and edjustsble stabilizer. Continuocus records
of pressure distribution were obtained during the level run (M = 0.79 to
1.00) and during the pull-up to a load factor of 3. 2 at a Mach number of
approximately 0.96.
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PRESENTATION OF DATA

Presented .in figure 4 are pressure distributions for the upper and
lower surfaces of the wing test section for & Mach number range from 0.79
to 1.00. Thege distributlions have been selected for a section normal-
force coefficient of about 0.32. Pressures were not obtained at all
orifices on the section because of leaks in some pressure lines within
the wing. Included in the figures are values of free-stream Mach number,
airplane normsl-force coefficient, integrated section normal-force coef-
ficient, left-aileron deflection, and pressure coefficient for sonic
velocity, for each distribution.

Pressure distributions obtained during the pull-up &t a Mach number
of approximately 0.96 are presented in figure 5. The data cover a range
of section normal-force coefficients from 0.34 to 1.00. Values of free-
stream Mach number, airplane normazl-force coefficient, Integrated section
normal-force coefficient, left-aileron deflection and pressure coefficient
for sonic veloclty are included for each pressure distribution.

The total-locad dilstributions over the sectlon derived from the faired
distributions of individusl surfaces of figure 4 are presented as figure 6.
The data cover a Mach number range from 0.79 to 1.00 for a section normal-
force coefficient of about 0.32. Values of free-stream Mach number, air-
plane normal-force coefficient, integrated section normal-force coef-
ficient, and left-aileron deflection are included for each distribution.

Figure T presents the total-load distributions over the section
derived from the faired distributions of figure 5. The data cover a
range of section normal-force coefficients from 0.34 to 1.00 at a Mach
number of approximately 0.96. Values of free-stream Mach number, sirplane
normal-force coefficlent, integrated section normasl-force coefficlent,
and left sileron deflection are included for esach distribution.

A figure showlng the wing section characteristics for the Mach number
range investigated is shown as figure 8. The section ‘pltching-moment
coefficient has been derived from the center-of-pressure curve for &
section normal-force coefficient of 0.32. Also shown on the plot are
dsta obtained with the 8-percent-thick wing X-1 sirplane as given in
reference 3.

Figure 9 presents the variation of the section center of pressure
and the section pltching moment with section normal-force coefficlent for
values of section normal-force coefficient from 0.34 to 1.00 at a Mach
number of approximately 0.96.
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DISCUSSION

Upper-Surface Pressure Digtribution

For the given section normal-force coefficlent, at the lowest Mach
number of these data (M = 0.79), the pressure coefficient for sonic
velocity has been exceeded and supersonic flow exists over approximately
S50 percent of the chard on the upper surface (fig. L4). The presence of
a compression shock 1s Indicated by an abrupt pressure recovery at about
the 55-percent-chord point.

Figure b4t shows that, for a given section normal-force coefficient,
there is a gradual transition of load distribution over the chord as the
Mach number increases from 0.79 to 1.00. The compression shock on the
upper surface moves toward the traillng edge as the Mach number increases.
It may be seen that the transition results in a shift of the losd center
to the rear with incressing Mach number. As will be shown 1n the following
discussion of selected Mach mumber ranges, the load-center shift is &
result of the shock movement toward the rear and the extension of the
region of supersonic flow expansion over the alrfoill.

Mach numbers 0.79 to 0.89.- At Mach numbers from 0.79 to 0.89, for
the given section normal-force coefficlent, the shock remains at sbout
50 to 60 percent chord. The pressures forwsrd of the shock remain spproxi-
metely constant. The pressures behlnd the shock, however, change con-
siderably. The gradual pressure recovery behind the shock at a Mach num-
ber of 0.79 indicates that the flow bas not separated from the surface.
Ag the Mach number increases to 0.89 the pressures behind the shock
increase, negatively, to a nearly constant value and indicate that the
flow has separated from the surface of the airfoil.

Mach numbers 0.89 to 0.95.- Increasing the Mach number from 0.89
to 0.95 causes the shock to move to a location near the trailing edge
with a corresponding increase in trailing-edge loads. Little change
occure in the shape of the pressure distribution forward of the 55-percent-
chord point, but a progressive reduction in loed occurs.

Mach numbers 0.95 to 1.00.- As the Mach number is Increased fram
0.95 to 1.00, the shape of the distribution over the upper surface remains
approximately the same, but the magnitudes of the loads over the upper
surface are reduced slightly.

An increase in the normal-force coefficient at a Mach number of 0.96
(£ig. 5) causes the pressure distribution to change from one with maximum
negative pressure coefficient near the trailing edge to a distribution
with approximately constant pressure coefficlent over the chord.
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Lower-Surface Pressure Distribution

As shown in figure 4 a similar change in load distribution, due to
changes In Mach number, occurs over the lower surface as occurs over the
upper surface. With the formation of shock and increase in Mach number,
the load center shifts toward the resr. For the given normal-force coef-
ficlent the shock on the lower surface forms rearward of the upper surface
shock, at a higher Mach number and moves to the rear more rapidly.

Mach numbers Q.79 to 0.89.- At Mach numbers below 0.84 there is no
indicstion of & shock on the lower surface at the given normsl-force
coefficient, and the shape of the distribution over the lower surface
remains essentially unchanged. A+t & Mach number close to 0.8L4 a shock
forms on the lower surface at sbout 60 percent of the chord. As the Mach
number increases, the shock moves steadily rearward and at a Mach number
of 0.89 occurs gt 80 to 85 percent of the chord.

Mach pumbers 0.89 to 0.95.- At the given normal-force coefficient,
as the Mach number increases from 0.89 to 0.95 the shock on the lower
surface moves to a position near the trailing edge. The dlstribution
over the forward 55 percent of the chord remains essentislly unchanged.

Mach numbers 0.95 to 1.00.- An increase in Mach number from 0.95 to
1.00 causges very little change in the shape of the pressure distribution
over the lower surfsace.

As the normal-force coefficient is increased at a Mach number of 0.96
the pressure coefficients over the lower surface tend to become more posi-
tive so that & resrward shift of the lower-surface center of pressure
occurs (fig. 5).

Section Loads

At a Mach number of 0.79, for the given normal-force ccefficlent,
most of the load 1s carried by the forward 55 percent of the chord. At
Mach numbers above 0.95 the laad distribution is aspproximstely rectangular
with the load distributed over the entire chord (fig. 6). Between these
limits the variation of the shock position on one surface with respect
to the other and the different rates of shock movement on each surface
causes a region of down load to form aft of the 55-percent-chord point
at a Mach number of 0.84%. Further increase in the Mach number causes
the region of down load to incresse in magnlitude up to a Mach number of
0.89 and then to decrease in megnitude and disappear at Mach numbers
above 0.93. : ' -

The changes in load distribution due to Mach number result in con-
slderable changes ir' section center of pressure and section pitching-moment
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coefficlent:. The section center of pressure at a Mach number of 0.79

is located at approximately 32 percent of the chord (fig. 8) and moves
rearwvard to about 40 percent chord as the Mach number increases to 0.84
due to the changes in load over the aft portion of the upper surface.

As ‘the Mach number increases to 0.89 the center of pressure moves forward
to 18 percent chord, primsrily because of the formation and resrward
movement of the lower-surfascz shock. At Mach numbers between 0.89 and
0.95, the center. of pressure moves rearward to sbout 45 percent of the
chord because of the rapid rearward movement of the upper-surface shock.
In the Mach number range from 0.95 to 1.00, where the shock waves on

both the upper and lower surfaces have reached the vicinity of the tralling
edge, the center of pressure remalne stationary at 45 percent of the chord.

A compsrison of the section characteristics for the 8-percent-thick
wing (reference 3} and the 10-percent-thick wings shows sinmilar variations
over the Mach number range investigated (fig. 8); however, the magnitude
of the changes is slightly different. The difference in magnitude of the
changes may result from the difference in thickpess of the sectlion or the
difference in spanwise location of the sections tested. The section used
in reference 3 was at 49.1 percent of the semispan whereas the section
used herein was at 64.L percent semispan.

An increase in the normal-force coefficient at a2 Mach number of
approximately 0.96 (fig. 9) causes the sectlon center of pressure to move
forward slightly to about 41 percent of the chord at a normsl-force coef-
ficient of about 0.7 (fig. 9). At higher normal-force coefficients the
center of pressure moves rearward slightly as a result of changes in the
lower-surface locads. This change results in a small increase 1In the
stability of the section as shown by the increase in slope of the curve
of pitching-moment egeinst normal-force coefficient in figure 9.

CORCLUSIONS

Resulte of the chordwise-pressure-distribution measurements over the
midspan station on the left wing of the X-1 airplane show that:

1. At a section normal-force coefficient of 0.32, in the Mach number
reglon between 0.79 and 1.00, large changes in chordwise center of pressure
occur as a result of the formation and movement of shock over the upper
and lower surfaces. As the Mach number M incresses from 0.79 to 0.84
the center of pressure moves rearward from 32 to 40 percent chord, from
M =.0.84 to 0.89 the center of pressure moves forward to 18 percent chord,
and from M = 0.89 to 0.95 the center of pressure moves aft to 45 percent
chord. At Mach numbers from 0.95 to 1.00 the center of pressure remains
approximately constant.
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2. An increase in the normal-force ébefficient at a Mach number of
approximstely 0.96 causes a slight increase in the sectian stebllity at
the higher normal-force ccefficients.

Langley Aeronsutical Laboratory
Natlonal Advisory Committee for Aeronsutics
Langley Air Force Base, Va.
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Ordinate,

percent chord

TABLE I.- PROFILE AND ORDINATES OF THE AIRFOIL SECTION

[Ebscissas and ordinates in percent of local choré]

NACA RM L5CHO4

10
0 BRR—
] | ] ] ]
-10 20 51O 60 80 100
Absecissa, percent chord
Modified NACA 65-110 airfoll section
Ordinate
Abscissa Upper Lower
surface surface
o] o] o
.50 .T96 ~-.TL6
.75 .966 -.896
1.25 1.222 -1.115
2.50 1.667 -1.481
5.00 2.33% -2.018
T.50 2.859 -2.435
10.00 3.298 -2.781
15.00 Lk,002 -3.329
20.00 4,541 -3.745
25.00 4,951 -L.056
30.00 5.246 4. 274
35.00 5.439 -l4.4og
Lko.oo 5.532 -4, 461
45.00 5.511 ~4.106
50.00 5.36k -L,261
55.00 5.078 -3.983
60.00 L.682 -3.611
65.00 4,197 -3.167
T70.00 3.642 -2.670
75.00 3.032 -2.137
80.00 2.385 -1.589
85.00 1.721 -1.048
90.00 1.148 -.698
95.00 5Tk -.349
100.00 0 o]
L.E. radius = 0.687 percent chord
NACA,



Figure 1.~ X-1 slrplane in powered flight.
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Figure 2.- Three~view drawlng of X-1 alrplane.
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Figure 3.~ Location of pressure-measuring orifices for obtaining section
pressure distribution.
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Figure h4.- Pressure distributlion over one chordwlise wing statlion of the

X-1 airplane for several values of Mach number. %‘L = 0.6klk;
cy = 0.32 & 0.08; wing thickness, 0.10 chord.
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Figure k4.- Concluded.
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Figure 5.~ Pressure distribution over one chordwise wing station of the

X-1 airplane for several values of normal-force coefficlent. %% = 0.6Lk;
M = 0.96 ¥ 0.02; wing thickness, 0.10 chord.
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Figure 5.- Continued.
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Figure 5.- Concluded.
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Figure 6.- Chordwise loading over one wing statlion of the X-1 airplane for

several velues of Mach number. % = 0.64k; ¢ = 0.32 + 0.08; wing
thickness, 0.10 chord. o
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Figure 7.- Chordwlse loading over one wing etation of the X-1l airplane for

sBeveral values of normal-férce coefficient. %? = 0.644; M = 0.96 + 0.02;
wing thickness, 0.10 chord.
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Figure 7.- Concluded.
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